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Chapter 1: Introduction

1.1 Motivation

Despite advances in computational methods for analyzing hypersonic flow
problems, an analytic method to characterize hypersonic flows can provide additional
insight into the performanaand design of hypersonic vehicles and propulsion
systems. In the presework, an analytical method is developed for generic
hypersonic inviscid flow problems with multiple shock waves and a boundary layer

and then applied to the problem of designing a scramjet inlet.

An efficient inlet is a crucial component in the openaf a
scramjetpowered hypersonic vehicle. A scramjet is a supersonic combustion ramjet
with supersonic flow entering the combustor that operates at Mach numbers typically
above Mach 4.Bwhen ramjets lose their ability to provide thrust. effective
scramjet inlet must provide efficient compression, enough mass flow, a high enough
static temperature ratio, and generally uniform flow into the combustor with minimal
total pressure losses. In a scramjet, the greatest losses occur in thstoomither
from mixing or shock losses, requiring the inlet to be as efficient as possible in order
to generate enough thrust to overcome drag. An effective inlet would also have good
starting characteristics at ramjet/scramjet taker speeds (Mach 4 Mach 5) and

operate over a large Mach number range and flight conditions for some applications.



Viscous drag and shock losses should also be minimal. For all applications, the inlet
should also have a geometry that reduces structural waighfor some

configurations, a capture shape such that the inlets can be stacked with no mass flow
loss or have a variable area for operation over a range of flight conditions. Numerous
types of inlets have been researched for applications to hypersonic flow, with
so-called OtwalimensionalO inlets favored in most designs. Additional research has
focused on thredimensional inward turning inleBspecifically an inlet with a

rectangular capture area and a circular or elliptical combustor shape.

Threedimersional inlets that blend a rectangular capture area with a circular
or elliptical combustor could provide several advantages over iawenthg inlets
with a circular capture area and combustor or rectangular inlets with rectangular
capture areas and cougtors. A threalimensional inlet is curved, not agymmetric,
and usually consists of different cressction shapes along the inlet. Rectangular or
two-dimensional inlets have reduced boundary layer losses because of their shorter
lengths. A given vehle design may require that inlets be stackable or operate over a
range of flight conditions. An inlet with a circular capture area will have flow leakage
between inlets, while an inlet with a rectangular capture area can be stacked without
mass flow lossHowever, rectangular inlets have generally been designed to have a
rectangular combustor, which has several disadvantages over a circular or elliptical
combustor. Circular combustors require less structural weight for a given pressure.
This combustor geontry has a lower wetted surface and hydraulic diameter, thus

reducing drag and viscous effects in the combustor, and has fewer problems due to



hypersonic corner flow, resulting in higher performance. An elliptical combustor may
also improve fuel injectionwer a circular combustor. An effective design of a
rectanglar-to-circular transitiorwould provide the advantages of a rectangular

capture area with those of a circular or elliptical combustor.

Compound compressible flow theory as presented in this garlprovide the
basis for an analytic tool to describe hypersonic flows with multiple shock waves like
a scramjet inlet. As the governing equations are algebraic, propagating the flow
solution is fairly simple and can be done relatively quickly comparedoist
computational methods. This allows for several quick design iterations while
providing deep physical insight. The present work adds on to classical compound
compressible flow theory by presenting an inverse method for handling several shock
waves inthe flowv to solve for the upstream conditiogisen a desired downstream
flow. While this analytic tool is applied in the present work as a method for
specifically solvingfor the case of an arbitraryapture shaptansitioning to a three

dimensional corbustor, it can be used for a variety of hypersonic flow applications.



1.2 Inlet performance parameters

The parameters typically used to evaluate the performance of scramjet inlets

are static temperature ratlo, total pressure recovery_, kinetic energy efficiency

! « » and adiabatic compression efficienty. These are defined below

% #8100
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Because the compression procession is adiabatic, total temperature is conserved.
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Adiabatic compression efficiency is the ratio of #mtualchange to the ideal,

isentropic change in static enthalpy. The dependence of adiabatic compression
efficiency on total pressure ratio is such that even a modest decrease in adiabatic
compressionasults in a large decrease in total pressure. This is partially why the total
pressure ratio is not always the best figure of merit for determining performance of
scramjets. This can be determined knowing the total pressure recovery and static

temperatureatio v
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Kinetic energy efficiency is defined as the ratio of the square of the velocity that the
exit flow would have if it were isentropically expanded to the freestream pressure to
the square of the freestream velocity. Because of the higbitkes in hypersonic

flow, large changes in adiabatic compression efficiency result in only modest changes
in kinetic energy efficiency. Kinetic energy efficiency needs to be calculated to three

decimal places in order to be accurate.

1.3 Previous wor®inlets

Much of scramijet inlet research since the late 19900s has focused on
streamline traced adymmetric inwareturning Busemann inlets and inlets that
transition from a rectangular capture area to a circular combustor. In the 1950s, inlet
designs andesearch focused on inwatarning axisymmetric inlets. These designs
fell out of favor with a preference for rectangular tdimensional inlets. The late
19900s saw a renewed interest in inlets with circular or elliptical combustors specially

inward-turning or shapehanging inlets.

1.3.1 Streamlindraced axisymmetric inwareturning inlets

A muchstudied candidate for a streamline tracedsgxnmetric inlet is the
Busemann inlét". These inlets have several benefits including relatively high

pressue recovery, the ability to easily blend with a circular combustor, and can be



designed based on an inviscid flow field that is completely known analytically.
Busemann first proposed an internalaymmetric flow that consisted of internal
isentropic compmession followed by a conical shotMolder and Szpirbproposed an
inlet based on using any stream surface of this flow field prodms&usemann as
the inlet wall. This flow field obeys the TaylMaccoll equations for asgymmetric

conical flow:

("#1)

u'RZ(uR+ug):T(l#ué#uﬁ)(ug+ugcot$+ 2Ug) (15)

whereu, is the radial velocity nedimensionalized with respect to the freestream

speed. The tangential velocity, is found from the irrotationality condition

U =ug= % (1.6)

where! is the angle emanating from the conical shock from the center of the inlet to
the entrance of the inlet. The conical shock turns the flow such the flow is uniform

and parallel to the inlet wall coming into the combustor. The shock then cancels at the
shouder during ordesign conditions. Figure 1.1 shows the shock structure in a

Busemann inlet.
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Figure 1.1 The Busemann irlet

Van Wie and Molder developed a numerical method for designing these
inlets® The TaylorMaccoll ordinary differential equation oined with the
irrotationality condition can be numerically integrated as a system of first order
equations to find the inviscid flow field. Because of the existence of a singularity at

the freestream culition, the integration startg /! =/  with the Mach nmber behind

the shock and total pressure ratio of the ioleisenand marches forward ih until
the freestream Mach angle is met. The freestream Mach number is determined as a

part of the solution process.

Although these inlets have relatively higital pressure recovery, they have
several drawbacks. Busemann inlets have such high contraction ratios that they will
not start in steady flow. The contraction ratio determines the minimum Mach number

the inlet can operate and how much the flow can be msaed before it chokes.



When the inlet unstarts, a normal shock adjusts the flow and the flow becomes
subsonic entering the combustor. A preliminary estimate of whether an inlet will

unstart can be obtained from the Kantrowitz Ifmit

o 1 "+
oA 3 _1) (M2 ) 4l )L (L2M2, X0
Athroat S’(ammwitz - MC ;:-(’ ( 1)M02 + 2- :Z’MCZ( (’ ( 1)_ ;"- ! +1/2 z

(1.7)

Van Wie and Molder have proposed a streamline tracing method within the basic
flow field to create a modular Busemann inlet that avoids contraction ratios that are
too high. They noted that the freestrestneamtubeanalso be selected suchattithe

leading edges of a modular Busemann inlet are highly swept as shown in Figure 1.2.

Inlgt leading edpe

Full Inlet capture aren M \

Full inlet exit area 2] \
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Modular inlet TN Modular inlet
capture area A exil area

Front View

Figure 1.2. Streamline tracing technique for modular Busemann inlet with swept

leading edges.



Kothari and Billig proposed circumventing this problemitttyoducing a radial
deviation parameter for asymmetric flows to specify internal contraction ratios.
The effect of this parameter was incorporated into theyximetric methoaf-

characteristics solution with the introduction of a core conicalcid/fsow.

These inlets also tend be very long, resulting in high viscous losses due to
boundary layer growth and higher heating loads. This can be mitigated somewhat by
truncating the inlet with an initial turning angle at the leading edge, although the
oblique shock formed at the sharp leading edge leads to some total pressure losses.
Drayna, Nompelis and Chandlexamined the effect of changing the truncation
angle on inlet performance at argyté 0, 2, 4, and 5.5 degrees using computational
fluid dynamics for inviscid and viscous flow. They held the freestream Mach number
and capture height constant while varying the throat Mach number until a specified
contraction ratio was obtained. They found that as the truncation angle increased, the
length of he inlet decreased rapidly with significantly less drag and heating loads and

better performance for a small truncation angle (between 2 and 4 degrees).

Figure 1.3. Representation of Busemann ifllets



Busemann inlets in particular have poortadesignperformance because of
their sensitivity to flow angularity particularly if the inlet has no truncation angle or a
sharp leading edge. Ramasubramanian ®t’abnducted two inviscid numerical
studies varying the flight angle or Mach number for a Busenaad quasBusemann
inlet, respectively. When the inlet was undar oversped or flown at an angle,
shock cancellation at the shoulder no longer occudledding to viscous and
inviscid losses. They found that designing for a higher Mach number Veauddo
fewer total pressure losses as these inlets had lower total pressure lossepenhder
than oversped. For ofidesign angles, performance degradation because of misplaced

shocks was considerable even at 3 degrees. At 9 degrees the inlet failéztelgmp

Inlet Section —{+— Center Body Section «— Aft Body Section 4—‘
Thru-Duct
Guidance Combustor
Platform Punsuge

Front View

Figure 1.4. SCRAM missile concept employing four inwanting

streamline traced inlets
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with very low total pressure recovery of 0.655 and unphysical results for the adiabatic
compressible efficiency. Figure 1.4 shows one of the first prigougystems using a
streamlinetraced inwareturning inlet. The SCRAM missile concept was developed

in the early 1960s and mitB70s by the John Hopkins Applied Physics Laboratory

and had successful operation during wind tunnel experiments at Mach 5'to 7.2

1.3.2 Blended thredimensional inlets

1.3.2.a REST inlets

The design of a transition duct from a rectangular capture area to an elliptical
combustor has been the focus of several papers. Inlets with a rectangular capture area
and circular combustaran combine many of the benefits of rectangular inlets and
circular combustors. However, streamline tracing in a parent flow field with uniform
inflow and outflow requires the same shape at freestream as at the throat.
Streantine-traced inlets contaithe features of the pardidaw field. Most efforts to
create this transition duct have involved elegantly blending together the two parent

flow fields Brectangular and Busemann.

In particular, considerable work on these inlets has been done by, &mart
used a modifiegstreamline tracing method involving blending together multiple sets
of streamlines to form the transition duct of rectangtdeelliptical ORESTO inlé&t.

The process involved calculating a qfetermined capture area and pressuie ra

required for the inlet. First, an agymmetric compression flow field with the

11



required pressure ratio was calculated. Several capture shapes and inlets varying from
rectangular to elliptical were defined. The path of the streamlines from the inlet
entrance to the exit plane was calculated. Specifically, a streatrdiced inlet with
rectangulaflike capture shape like in Figure 1.5.b. was determined. A second
streamlinetraced inlet with a capture area like Figure 1.5.b. but with radiuses corners
asshown in Figure 1.6.a. was then calculated. A third inlet shape with an elliptical
throat with the same area as Figure 1.5.b. was calculated and similar to that shown in
Figure 1.6.b. All three shapes were smoothly blended together to form a REST inlet
with the rectangular capture shape of Figure 1.5.b., the-seational shape of

Figure 1.6.a. at the cowl closure, and the throat shape of Figure 1.6.b.

L e & —— -
iLiaee - -~ | QR W

Figure 1.5. Inlet crossectional shape distributions for different rectangular capture

areasa.) Rectangular capture shape b.) Rectangular shape used for RESF4inlets.
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Figure 1.6. Crossectional shapes for the three blended inlets for constructing

a REST inlet?

13



A mathematical lofting procedure smoothly blended the streamlines togmther
produce a smooth transition from rectangular capture area to elliptical combustor.
Smart used the lofting procedure developed by B&tgéth a free parameter that
can be adjusted to optimize the inlet for maximum total pressure recovery or
minimum ext flow nonruniformity. The blended inlet cros®ction between inlet

capturex_, and cowl closurex, was calculated using the following formula with
fi(y)and f,(y) represented by the cross sections of the shapes in Figures 1.5.b and

1.6.a. respectively:

E(x)

fy=[fm]" “[f,)] (1.8)
where
E(x) :( X~ X T (1.9)
Xcc - )(ca

and « is a parameter always greater than zero that can be modified to optimize the
performance of the transition duct. Smart used a similar calculation procedure to
blend the shapes in Figures 1.6.b and 1.6.c. A resulting transition is shbignria

1.7.

4

gy - =
R

/

Figure 1.7. Crossections of a blended REST intét.
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The above design procedure produced an inlet that performs better than
similar two-dimensional inlets. The inlets Smart designed assumed a vehicle cruising

at Mach 7 with Mach 6 floventering the inlet with a required inlet compression ratio

P . . .
% =13.5C. Because the flow is not necessarily uniform at the throat, Smart used

massaveraging to calculate these parameters. There are other methods of calculating
the total performance of the inlet willbw nonuniformities such as arear
temperatureaveraging, although masseraging is typically used for inlet

performance analysis. All of these methods still have their flaws as they are averages.
Tables 1.11.3 contain these performance values dated with a threelimensional

CFD flow solver foraMach 6.0 REST inlet under inviscid flow assumptions for
onrdesign and offlesign Mach numbers compared to a rectangular inlet. Even at

off-design conditions, the REST inlet performed better thareittangular inlet.

Property Mach 3.6 Mach 4.8 Mach 6.0
m, 84.40% 94.00% 99.50%
Pivoar/ P- 14.8 +3.0%  13.7 ++19.1% 13.8 +£ 9.8%
! 2.19 ++ 2.2% 2.16 +/ 5.8% 2.16 +/ 6.4%
M roat 1.77 +F2.7% 2.82 +} 5/3% 3.74 +F 4.2%

Table 1.1. Characteristics ioiviscid Mach 6.0 REST inlet

Property Mach 3.6 Mach 4.8 Mach 6.0
I 0.960 0.932 0.926
Nke 0.995 0.996 0.997
'ko 0.99 0.982 0.981
Co 0.349 0.185 0.114

L,/d, 17.57 17.57 17.57

Table 1.2. Inviscid performance of Mach 6.0 REST inlet

15



Property Mach 3.6 Mach 4.8 Mach 6.0
/

Te 0.784 0.795 0.791
! ve 0.972 0.985 0.99
o 0.945 0.946 0.945
Cp 0.348 0.193 0.125
L,/d, 7.9 13.26 18.08

Table 1.3. Inviscid performance of 2D rectangular inlet for compadfison

The final stage of constructing REST inlets consisted of findinglat height
correction to correct for the boundary layer growth in the inlet. To determine the
viscous correction, Smart used a finite difference boundary layer code based on
several assumptions that simplify the full thcBmensional turbulent boundalgyer
equations.

- w<<u wherew is the cross flow velocity andlis the strearwise

velocity

- Cross flow derivative®/dz are small compared to other terms in the

governing equations.

Corne flows are not examined asrners in REST inlets are quickly sntioed out.

Smart calculated a Mach 6.0 REST inlet to have a total pressure ratio of 0.465, kinetic
energy efficiency of 0.966, and adiabatic compression efficiency of 0.849 with the
boundary layer comprising 36% of the inlet exit flow. A Mach 6.0 REST vndest

also tested experimentally and found to have slightly lower performance than

predicted but higher performance than previoussted threelimensional inlets®

16



1.3.2b Computational optimization of transition duct for agmiform flow

Sabearand Lewis developed a method for designing the transition duct of a
rectangulaito-circular inlet to transform neaniform inflow into uniform flow into
the combustot®” Sabean used two optimizations for developing the transition duct
Pa configuratiorwith uniform flow entering the inlet and an inversely deripedver
law flow field inflow. The objective was to produce uniform flow to the combustor
for a HyperX like cruiser at Mach 10. To achieve this objective, a numerical
optimization was used toeitatively determine geometries that minimize the standard
deviation in pressure across the combustor plane. To bound the design space and
reduce runtime of the optimization, a BezBgrnstein curve was used with six
coordinates as control points corresgioy to portions of the inlet that are allowed to

vary.

The shapes of the crassctions were determined by averaging the combustor
crosssection shape with the capture shape defined by a hyper ellipse of power

n=20 _ For intermediate planes, the cregstonal shape were averaged using two
fractional values A, and! - that were included as design variables for six

intermediate planes that can change during the optimization. The radius for a given

angle for the intermediate plane was determined by:

(1_ Ax)(l:\t)wpeellipsz-) + Ax(Fiircle) = Rfinal (110)
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Figure 1.8. Geometric parameters used during construction ofsgossns

This shape was then scaled by the height of the plane determined by the Bezier

Bernstein curve and the width of the plane. An example of this process is shown in
Figure 1.8.

An areaaveraged standard deviation of the pressure was chosen as the

objective function for optimization. Average pressure is calculated as follows:

| P
S PA

A (1.11)

and standard deviation of pressure calculated from theaseraged pressure is as

follows:
o, =, /—ZAEI;_ D (1.12)
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This was calculated over three planes between the expansion cortiee and,

averaging each value ensure that the optimizer does not converge to a local
minimum at exactly where the shock wave reflects off of the wall. This was necessary
asotherwise the optimizer would pick a flow that while produced the desired outflow
at the exit, it would diverge and not follow the isolator wall. The calculation was also
extended into the combustor to minimize expansion and compression waves

going into he combustor. Figure 1.9 shows the pressure contours inside the optimized

nontuniform inflow inlet.

Figure 1.9. Pressure contours for optimized-ooiform inflow inlet

Sabean found that under inviscid flow assumptions the optimized inlet with
uniform flow across the capture plane performed slightly better than comparable two
dimensional inlets at edesign and oftlesign Mach numbers. Calculated results for

total presswe recovery! _, adiabatic compression efficien¢y, and kinetic energy

efficiency ! .. compared to a comparable tdonensional inlet are shown in
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Tables 1.41.6. Sabean also found that some of the geometries that cancelled the
shock waves were ndntuitive stch as an inlet shape that tramsied multiple times
betweerrectangular and a circular cressctiors. Inlets produced witkhis method

could also correct neaniformities inherent in the flow off thiere-body.

Efficiency Mach 6.0 Mach 8.0 Mach 10.0

e 0.689 0.543 0.413
e 0.949 0.934 0.924
! ke 0.984 0.985 0.924

Table 1.4. Efficiencies of inlet created with an optimized rectandoHeircular

transition with gpower lawcompression.

Efficiency Mach 6.0 Mach 8.0 Mach 10.0

. 0.736 0.614 0.489
e 0.958 0.946 0.937
! ke 0.987 0.988 0.988

Table 1.5. Efficiencies of inlet with an optimized rectangtdacircular transition

with uniform inflow.

Efficiency Mach 6.0 Mach 8.0 Mach 10.0

. 0.716 0.560 0.427
N 0.944 0.934 0.929
! e 0.986 0.986 0.986

Table 1.6. Efficiencies of 2D inlet for comparison.
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1.3.2¢ Rectangulato-circular inlet derived from blending functions

Taylor and Van Wie studied another method for creating the transition duct
that involved using several functions to blend togetive separate flow fields
corresponding to the desired capture and combustor Shab&usemann inlet was
selected as the parent flow field. Pairs of streamlines correspdndhmgBusemann
flow field and a rectangular inlet flow field were blendegether with blending
functions by using a weighted average of the coordinates on the streamlines. The
location where the streamlines were blended was chosen such that each point was on
the same conically symmetric ray on the parent Busemann flow fielateFlgl0
illustrates this method and how morphing and tracing pairs were determined.

Blending functions chosen are shown in Figures 1.11 and Figure 1.12. These blending
functions were normalized to vary between 0 at the freestream and 1 at the inlet exit
as a function of the angle swefpbm freestream to exit. The value on thaxis was
normalized such that it was multiplied by the coordinates of the second streamline
(combustor shape). The first streamline (capture area shape) was multiplied by one

minusthe yaxis value.

Morphing/Tracing Pairs

It <
2 = <
»

Figure 1.10. Morphing and tracing pairs for calculating inlet transftion
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Taylor and Van Wie found that the inverse tangent blending function led to
the best performance for an inlet designed for a freestream Mach numb&hef/7.
used a CFD code VULCAN that is a full Navigtokes solver with finiteate
kinetics capabilities. The viscous solution was run withoarlega turbulence model.
Results for the inviscid and viscous cases are shown in Tables 1.7 and 1.8. The
blending finctions that performed the best had more gradual change in the middle of
the angle sweep (middle of the inlet) and most of the transition near the entrance or
throat of the inlet. Quickly changing streamlines near the center of the floor of the
inlet caugd additional losses that became significant when viscous effects were
included. The ideal blending functions found might not necessarily be the better

blending function at different Mach numbers.

| 1
invtan_f(x):= 5 + B-tan(Z-xatan(S) — atan(5))

ppS_f(x):= xo'D

pow f(x):=1- 1000 x
line f(x):=x

p2 f(x):= xz

atan(x 10 — 5) — atan(-5)

tan f(x):=
an_1(» —2-atan(-5)

Figure 1.11. Blending functioffs
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Figure 1.12. Weilgting value for each blending functin

Function Total Prtoe/:sure Los Drag Increase %
invtan 2.300 1.220
pp5 3.16 1.97
power law 3.34 2.27
line 3.92 3.14
p2 4.82 4.29
tan 14.66 17.01

Table 1.7. Inviscid performance results for each blenfilingtion
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. Total Pressure Lo
Function %
Baseline 28.842

invtan 34.875

pp5 34.977

power law 37.101

line 36.562

p2 37.418
tan 57.68

Table 1.8. Viscous performance results for each blending function

1.3.3. Summary and motivation

An analytical method based on the aerodynamics of the flow entering the inlet
could provide additional insight into the design and performance ofdmesnsional
blendedinlets. Current methods for designing these inlets are based on geometric,
computatonal, or mathematical formulations rather than using aerodynamics to create
the transitiorbetween the two shapes streamline traced inlet or an inlet designed
based on aerodynamic analysis rather than computation or geometric methods could
potentially lave better performance. This study examines the feasibility of using
compound compressible flow theory to construct and analymdet with a

rectangular capture shape and a circular or elliptical combustor.
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1.4 Compound compressible flow

1.4.1 Compand compressible flow theory

Compound compressible flow theory as developed by Bernstein, Heiser, and
Hevenot? is pursued in the present work to provide an analytical aerodynamic
method for analyzing the flomia threedimensional inletCompouncdtompressible
flow theory uses ShapiroOs classic influence coefficient nf&fooduasione
dimensional flow to model the behavior of roeniform quasionedimensional flows
of discretizedstreamtubs. ShapiroOs influence coefficient method writes the
governing equations of fluid flow as a series of logarithmic differentials such as
pressuredP/P, Mach number squared >/ M?, and temperaturéT /T as
dependent variables and differentials such as @¢a , the shear forcd f dx/D,
and heat added or subtraci€f], /T, as independent viables to model a quasne
dimensional flow. The coefficients of the independent variables are ténfhezhce
coefficientsas they indicate the influence of each independent variable on the
dependent variables. These relations are derived from theatpuflr conservation
of mass, momentum, and energy and relations between the variables. Classic
solutions for propulsion analysis using these influence coefficients include flow in a
duct with area change and flow in a duct with constant area and friEammo) or
heat added (Rayleigh). The relations for flow with area change, constant mass flow,

no friction effects or heat added are the following:
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dP _ yM’ dA

- il 113
P 1-M* A (1.13)
R
|
avz 28t 5, MICga
M2 11 M2 A (1.14)
ERNYE
d_T:Qd_A (1.15)

T 1" M> A

Bernstein, Heiser, and Hevenor modified ShapiroOs influenifieieo¢ method by
extending ito a number of quasinedimensionaktreamtubg with different

properties. They usembmpound compressibftow theory to analyze the behavior of
one or more gas streams flowing through a single ndZ@lemparison to

experimental test results by Bernstein, Heiser, and Hevenor show excellent agreement
with numerical predictions from this theory.dompound compressibftow theory,
eachstreamtubes treated independently as a singlieeam onalimensioml flow but
compounded together with pressure chosen as the dependent matching variable for
the whole flow. Pressure is chosen because it can only vary along the axial direction
of the duct in a ondimensional flow, while all othestreamtuberoperties an

change fronstreamtubeo streamtubeThis assumes that flow in easineamtubeas
adiabatic, isentropic, steady, and that each fluid is a perfect gas with constant
thermodynamic properties. By matching the pressure adtetieamtubsg at each

axial loation, the evolution atreamtubg in an inlet can be traced based on the local

area changé\, area of the inlefA, pressureP , and local Mach numbeW,
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according to the relationships found by BeenstHeiser, and Hevenor. Fromriq

1.13 for pressure antthe following expressions for area change,

A=1 A (1.16)
dA _A# 1, &InP
150 A= (1.17)

Egns 1.16 and1.17 can be combined to form an expression for the compound flow

parameterB
dinP _ dA/dx :ld_A (1.18)
dx iﬁ L—l B dx
i-1 ¥ Mi2
where the compound compressible flow parameter is defined by,
v AS 1 '
B=" —Lo—#1 119
S YR (+19)

When B is positve, the channel is Ocompound subsonicO even if some
streamtubg are supersonic, meaning that the overall flow is elliptical in nature and
behaves as a subsonic flowith a negative value oB, the entire flow is hyperbolic
and behaves as a supersonigvflé value of B equal to zero corresponds to choked
flow and the flow will not accept further reductions in area. This method does not
work so well forstreamtubg with low Mach numbers such siseamtubg near the

wall in a boundary layer as thoseeamtibes will dominate the flow because of the

1 . ) . :
— dependence. Methods for incorporatstiggamtube near the wall is presented in
M

the viscous methodology section later in this work.
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For the case of hypersonic flow through an inlet, the flow is generally
compounl supersonic and the flow properties become uncoupled when the initial and
final pressures are know. The pressure matching assumption hetidsrhtube
curvature is sufficiently negligible that transverse pressure gradients can be neglected
or specifiedbecause the crossflow velocity gradients are negligitleerwise, if the
transverse pressure gradients are significant, the flow can no longer be considered a
quastonedimensional flow and the streamtubes are no longer at the same pressure.
Once the mssure matching condition is satisfied, skieamtubg can be treated
independently. These flow properties can be determined by treatingtesamtube
as a quasbne dimensional flow governed by&piroOs influence coefficient method
with Eogns 1.14 and1.15 for a simple area change without heat addition or frictional

effects.

1.4.2 Previous work using compound compressible flow

Although Bernstein, Heiser, and Hevenor develog@wdpound compressible
flow theory for modeling compound choking in nozittev, this method can be used
for modeling hypersonic flow in any duct or on a vehicle4ooey as outlined in
Lewis and Hastingd*?and Barkmeyér. Barkmeyer developed an analytic
methodology based aompound compressibfow theory for constructig a duct
for high-speed wind tunnels to correct flow naniformities upstream of a test model
or an inlet. When initial and final conditions are specified, an inverse design for the
correcting duct defined by the total area change of the flow can bedtreaure

1.13 shows the problem for which the methodology was developed.
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Correcting duct
lower wall

Figure 1.13. Development of correcting duct

Barkmayer used power lawvariation in Mach number as the incoming
profile. As the duct had shock waves inside, some modifications were required. A
shock wave solution was determined that would distort the flow into a desired
arbitrary flow profile. Using the pressure matchingditian along with a single tube
relation from Lewié* for the channel height based on the pressure ofstezamtube

immediately behind the shock for hypersonic flow,
l 7
H = [L | o dy] (1.20)
H 0

the equilibration pressure and profiles behind each shock were deterirtiecithal

static pressure was found by Newtonian iteration to match the exit flow to a total
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pressure that matched the conditions for equilibrium. Compound compressible flow
theory was then used to model pressure, temperature, and Mach number behind the

shockwave as pressure was increased or decreased to the equilibrated pressure.

This method originally tried to match a final velocity profile but had to be
altered to find a total pressure profile at the exit rather than a specified velocity
profile, becase many combinations of exit and entrance flow profiles required nearly
sonic flow behind the last shockwave. Compound compressible flow tends to fail as
the flow approaches sonic conditions. In addition, subsonic or nearly sonic solutions
are not applidale to flow in a scramjet. An optimization scheme was used to find the
optimal number of wedge shocks to produce the total pressure profile determined.
This method was able to correct the flow into a uniform flow but produced shock

shapes that demonstrateppling Da nonphysical solution.

1.4.2.a Viscous Analys®Compound Compressible Flow in a Combustor

Lewis and Hastingd??used a multstream compound compressible flow

model to calculate flow in a combustor and model a boundary layer. They also

defined parameters to match a nomform flow to a corresponding uniform flow.

For a noruniform flow, a uniform equivalent Maclumber M determined by,
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" " 0,
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M &i (i i (i #MI 8
Go 1 (1.21)
1+ (average
A\otal

A streamtubevith a uniform equivalent Mach numbéf subjected to area change

will behave the same as the ramiform flow consisting of multiplstreamtubg over

the same area. However, this only applies at a given stattbe channel. A new

uniform equivalent Mach number must be calculated for a different area change. The

entire noruniform flow cannot be replaced by this Mach number.

A two-stream model was also analyzed to compare the effect of a low Mach
numberstreamtubeb perhaps corresponding to a boundary |&@n a hypersonic

streamtubelf one of thestreamtubs has a low Mach numbeé, , the hypersonic
streamtubat M, will experience little area change. The hypersstieamtube

experiences an area change eglant to

dA, 1 %
A, |1+M2/ME A-M2) I (1-MD)a]| A, (1.22)

and the lowvelocity streamtubavill experience an area change equal to

~(1-M)a
= ! A i
“ {Mf—a—w)a}d 23

A

where!/ =— andA=A, +A,.
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o . . .
For values ofM; < prd the hypersonistreamtubevill experience an area

change in the opposite direction to that of the channel. If the low Mach number
streamtubeakes up enough area, it could drive the behavior of the entire channel. As
the streamtubg are coupled because of pressure matchingwthstteamtubsg will
accelerate or decelerate together. Comparing the behavior of Mach number of a single
streamtubeo that of doublstreamtubedemonstrates that the tvgtream flow in a
converging channel will tend towards choking. This has ramificafiona scramjet,

which may have a thick boundary layer that could drive the flow towards choking
even if the Mach number of the hypersosticamtubédnas decreased slightly. Lewis

and Hastings also evaluated methods for modeling a boundary layer ahdghkwe
velocity streamtubg near the wall that incorrectly dominate the solution. This

analysis will serve as the basis for some of the viscous solutions presented later as a
part of this current research. This analysis was extended to the case dhatames
combustor with heat addition with analytical closed form solutions analyzed and
boundary layer growth numericallylcalated to study the effects tife boundary

layer on the flow in the combustor.
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Chapter 2Compound Compressible Flow Methodgyo

2.1 Objectives

This present work focuses on developing a methodology for designing a
scramjet inletvith a different capture than combustor shapeg compound
compressible flow theory for both inviscid and viscous flow with a shock wave is
presented. Compound compressible flow theory is used to provide a stremadete
inlet for threedimensional shapehanging inlets and an analytical method for
analyzing the performance of these inlets. Other design methods for these inlets are
computaibnally intensive, requiring computational fluid dynamics and often
designng and calculating the flow throughultiple inlets. The compound
compressible flow method presented here for designing an inlet presented can provide
a rapid first order solutionna allow for many multiple design iterations to inform the
design process. This method is based on first principles and the basic [iysic

hypersonic flow through aimlet.

Because the goal of a hypersonic scramjet inlet is to produce a particular
inflow into the combustostreamtubgroperties are traced inversely from the inlet
throat to capture plane with the intention of solving for a flow entering the inlet that
will produce the desired profile entering the combustor for a given
rectangularto-circular area transition. A profile can be specified at the throat with the

intention of finding a shock structure and incoming flow that will produce that
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specified profile at the throat. Although this research was motivated by finding an
analyic process for designing the transition in a thd@eensional rectanguldo-
circular inlet, it can apply to a variety of inlet types and design and flow problems
that incorporate a shock wave with a specified downstream flow profile. Specific
examples othis methodology developed are presented for two-tlireensional

inlet designs with a rectangular capture area and circular combustor.

2.2 Inviscid

Inversestreamtuberacing in an inlet adds several simplifications to compound
compressible flow thegr As mass is conserved in the inlet, an additional relationship
for constant mass flow described in Bernstein &t ghverns the evolution of each
streamtubainder the assumptions of igepic flow. The adjacent stafressure

between two adjacestreamtube for constanty and specific gas constaRtan be

described by

* "+ 1 |* H_ * T 1
WonToo _ || A 2 (8 Iy GRS P T $P' " %P, SP""
AT A S5 #L #Ea) 1F8 ) 101 F8 ) 18
w, To,l :i_All %’#R% 2 ( / on :'_ @Do,lz ; ;_ @Do,zz 5 (PO,lzéfo,zz

2.1)

where A" andw; - assuming constant and known total press¥re total

temperaturel, ;, and gas propertiesare described by
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2.2

AR P2 (P
=22 ) ) () @3

Because flow through the inlet is adiabatic, isentropic between the shock waves,
and is uniform at the start of the investeeamtubgorocess, this equation can be

reduced to a constamt for all streamtube based ot , M., R,;, and P, that can be

used to detenine A,

(2.4

Solving for A, at each step in eastreamtubeombined with Egs. 1.14,1.15,1.18
andl1.19 for temperature, Mach number, pressure, the compound compressible flow
parameter, and the pressure matching criteria will fully specify thedtothe

solution is propagated in an isentragig and adiabatally in a ductwith an arbitrary

profile.
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Although most applications of compound compressible guasidimensional
flow theory have involved axgsymmetric or twedimensional shapethe
methodology works with thredimensional shapes as well. For theswmensional
case consisting of a discrete seriestafamtubg the compound compressible flow

parameter is,

\l_j
3
H
Ro

52), ¥y 9

where H is the height of the channel. Because the compound cesilpieflow
parameters add linearly, they can be calculated at each channel along tivésgoss

direction (zaxis) and summed accordingly,

B= i%[;—ll 2.6

where conceptually the change in area has the same effect as a change in height.

However, in the casef significant threedimensional effects like large surface
curvature, the pressure matching criteria no longer holds because of the existence of a
pressure gradient created by centrifugal effects and the assumption that the flow is
essentially onelimensonal no longer holds. In addition, the presence of a curved
shock caused by namiform flow also creates a pressure gradient that requires

modification to this theory.
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2.3 Inviscid with shock wave

The presence of a shock wave in the inlet does presam complications
requiring slight modifications to this method. The current work includes a method for
incorporating an oblique shock into compound compressible flow theory. A previous
attempt was made to ingmrate a shock wave intmmpound compressdflow
theory by Barkmeye?> However, this method presented by Barkmeyer took a known
nonuniform upstream flow and tried to solve for a shock wave that would produce a
to-be-determined uniform flow at the exit. Calculations using this method often
prodwced unphysical solutiorguch as rippling shocks or napplicable solutions or
singularities such subsonic or nearly sonic flow behind the final shock, which made
the method not applicable for a scramjet. The method developed for the research
presented ére avoids these problems by using a known uniform dlownstream
and solving for the flowpstreanahead of the shock based on propagating the
solution from the exit to the shock boundary. This flow will not be subsonic or
transonic behind any shock waaed the greater flexibility in choosing the shock
wave avoids shock ringingnd unphysical shock$his method that follows is also

conceptually easier to understand, analyze, and implement.
As this is an inverse method, the exact shock wave shapekisawih

because¢he Mach number in front efach shock boundary is not uniform, and is thus

determined based on the flow properties behind the shock wave resulting from tracing
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the streamtubs. An initial constant shock angle and location is assumed based on
the chosen length of the inlet contraction raticCR, and cowl locationx, . The

pressuren frontof the shock is determined based on reverse solution of the Rankine
Hugoniot equations. The Mach number, total pressurerenddtual shock angle are

determined by the oblique shock relations with the constraint that the Mach number
normal to and in front of the shodd *sin> / produces a pressure ratio determined

by the pressure matching criteria.

Figure 2.1. Pressure gradientadsished behind curved shock
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Because of masonservation in eacstreamtubend the noruniformity of
the flow and the curved shock, a pressure, temperature and Mach number gradient
results behind the shock. Because of mass conservation requirstigeémetubs to
have the same area on both sides of the sktr@lgmtubse crossing the shock wave
from a lower pressure will have a higher area relative to the stiteamtubg at a
higher pressure behind the shock wave. Sirmamtuberossing the shockolbindary
will take up a larger area, causing the higherssurestreamtubg to experience a
reduction in area and decrease their asa Mach numberand increase their
pressure and temperatardhe othesstreamtubg behind the shock wave respond to
anarea change equivalent to the change in the channel plus the change in area of the
individual streamtubebout to cross the shock boundary as shown in Figuré&2el
pressure gradient allows teeamtube to adjust their areand smoothes out
velocity, total pressure, and temperature gradients. Although the curved shock

introduces a pressure gradient, streamtubg reequilibrate quickly.

For the inviscid solution, a pressure gradient behind the shock wave can be
chosen to produce the desired shsickngth with pressure in front of the shock wave
determined by pressure matching betwsteeamtubs. In previous research, because
the conditions behind the shock were not known, the pressure gradient and pressure
equilibration pocess was determined Bygn 1.20. By knowing the conditions behind
the shock and gradient, the pressure oktheamtuberossing the shock boundary
can be arbitrarily chosen to maximize total pressure recovery for example or

optimized along with the shock angle for some reguattribute. The pressure
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gradient is also constrained such as the solution is matched forward the shock angle
either remains constant or decreases and towards the inlet sides that the shock angle
either remains constant or increases. The temperatureemdfahestreamtube

crossing the shock boundary corresponding to the gradient directly behind the shock
wave is determined based on conserving mass, energy, and momentum. Because this
is an inviscid solution and the equilibrated pressure is already knbiwitan be
accomplished in one computational step as long as the pressure gradients are

reasonable.

The location of the shock in the nestteamtubes determining by
propagating the shock through the inlet and solving at glaeamtubdor the shock
angle, total pressure, and Mach number that satisfies the pressure matching criteria. In
the calculated inlets, the shock is calculated at the top ofsti@amtubeso the first
shock calculation occurs for the fisgsteamtubet the corner rather thanfew steps
into the inlet. Similarly, for the bottostreamtubgthe shock is calculated one
streamtubdneight above the floor for the initial and reflected shock. The shock angle
at the cowl is specified based on a shock angle slightly higher than required to
intersect the leading edge. For successful transition area functions, as the flow will
have some an-uniformity, the shock angle is expected to vary only by a fraction
across thatreamtubs thus centrifugal effects resulting from highly curved shock
waves that would invalidate using compressible flow theory will not be an issue. For

a two-dimensionabr axtsymmetric inlet, the shock wave is calculated when the
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height of the shock minus the height of gtieeamtubeaext to cross the shock is less

than zero.

For the threalimensional case because area not height changes are tracked,
the height of theshock is calculated based on the shock angle for the center
streamtubse. To find the next shock calculation point, the distance between the
current shock location and the intersection point with the top or bottom of the inlet is
divided by the number of bes that still need to cross the shock. Given that with a
discrete profile the location of where thieeamtubes calculated as crossing the
shock boundary is somewhat arbitrary, for the sake of simplifying calculations, each

streamtubehannel crossesdlshock boundary at the same location.

During streamtubgropagation, the pressure on each side of the shock wave is
determined using a compound compressible flow paraniefer only the
streamtubg on the same side of the shock boundary.stteamtubg will experience
an area change weighted by the number of tubes on the same side of the shock
boundary. After calculating a new constant that governs mass flow based on inlet
conditionsW , astreamtuberossing the shock boundary can be propagated forward
using the influence coefficient method and compound compressible flow parameter
with the otheistreamtubg in front of the shock as presented in the previous section
until astreamtubdrom that side of the shock boundary approaches a shock boundary
and agradient is formed. Aktreamtube in front of a shock boundary are unaffected

by the pressure gradient formed because information cannot be propagated forward in
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supersonic flow and can be propagated all the way until estreamtubs meet

another shek upstream or the capture plane.

2.4 Viscous

A modified version of compound compressible flow theory can also model a
profile due to viscosity such as a boundary layer coming off abfody of a
hypersonic vehicle into and through a scramjet inlet.ysehsonic speeds, boundary
layer growth inside an inlet can have significant effects on engine performance. A
large boundary layer can cause a blockage in the inlet, reducing the inlet contraction
ratio and causing overcompression. If the blockage isarge ] there is significant
loss of mass flow to the engine and the inlet could unstart. There is also a reduction in
static pressure recovery caused by shock and Mach waves no longer coalescing to a
single shock. An analytic and computationally inexpensie¢hod of calculating
boundary layer growth in the transition duct of a tkageensional inlet could
provide a valuable design tool for increasing performaitmyever, his method is
not intended to be a new method of calculating a boundary layelegvafirather to
describe how the flow near the wall of the inlet responds to pressure claaniges

the purposes of comparing the boundary layer growth in different inlet designs

The model presented above for the inviscid case breaks down as Mach
numker goes to zero, causing the compound compressible flow parameter B to
diverge and the lower Mach numistreamtubg near the wall to dominate the flow

despite their smaller areas. This implies that no matter how smatréaentubs
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near the wall, the éw will be dominated by the wall. This results from the solution to
the naslip condition without viscosity of the ortimensional conservation of

momentum equation

0,
qu_, 1P, #5( 2.7

and corresponds to the inviscid solution wharidy = 0 . By adding a shear gradien

term equivalent to the pressure gradient along the inlet, the flow near the wall can be

correctly incorporated.

2.4.1 Viscous inlet shape correction

For designing a thredimensional transition duct for a rectangular to elliptical
or circular inlet, aviscous correction can be added to the base inviscid flow
conceptually similar to the viscous correction described in Walsh%tAalorrection

to the inlet shape can be applied equivalent to the amount of mass displagekde

boundary layer, which iexpressed by

-’qo% u (
Io= 4 1# «d 2.8
RN it 9
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Figure 2.2. Corrected versus uncorrected inlet ratfius.

It is assumed that this additional mass is added to the inviscid flow to produce
a streamline displacement seen in the viscous sol#idmypersonic speeds, it is a
well-known result that the displacement thickness and the height of the boundary
layer where the velocity is 99% of the inviscid velocity are about the same thickness.
An illustration of this is shown in Figure 2.2 for an-aymmetric nlet. Walsh et al
found thatedesigning the inlet with this correction can decrease the overcompression
from 24% to 3% and total pressure losses by ¥7Blawever, this method is often an
iterative process that sometimes does not reach a converged séltgMinus
researh using compound compressible flow in a combustor by Lewis analyzed the
effect of the boundary layer as a lepeedstreamtuben a twostream flow on the
inviscid flow as the viscous and invisatteamtubs were compounded togettfér
In this researchysing a known underlying inviscid flow field, compound
compressible flow theory can be used to find the height or area of the viscous
correction, which is equal to the height or area of the boundary layer. From ShapiroOs
influence coefficient meth&8for pressure for flow with frictionusing the explicit

form for the shear gradient:
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dP_ IM? dA, 1+ " DM? #gdx
P 1"mM2ZA M2v1 #P

(2.9

The goal is to find the required area of the boundary layer to produce a

pressure that matches the underlying inviscid flow. The pressure clighBeis

known already from the solution to the inviscid caseMAt 0, dP/dx exactly

cancels! "/!y. The area used to determine the change in Mach number and

temperature is the area of the total channel fidhe underlying inviscid flow area

plus the area of the bounddayer. Unlike the inviscid solution, the solution is
propagated from the capture area to the throat. Because pressure is matched to the
inviscid flow andB can be added linearly, the compound viscous flow can be treated
independently from the compound goassible inviscid flow. Because the

compound compressible flow parameters add linearly and pressure is uniform and
specified, for a thredimensional inlet with nomniform inviscid flow in a duct with
different heights at each cresgseam station, consicting the thre@limensional
boundarylayer can be condensed to a tdimensional compound compressible flow
problem. The height of inviscid channel replacesaitea of the channel in Egns. 2.12
and 2.13and the boundary layer height replaces the are@aaa change of the
boundary dyer in Eqs 2.9 to 2.14 By re-arranging to solve for area change and

knowing the pressure gradient, the area of the boundary layer can be found from

da_Y(MPLDdP 1+("! YM” #Edx

2.1
A "M? P "M ? # P (219
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dA+99A % + /4y(dlnP +, /+
G R AN g (Rt oldinP g, b)Y

dx sl &M? )& dP/dx) dx ' P

(2.12)

where A is the area of the boundary layy . The frst term represents the inviscid

solution for the effect of the logarithmic pressure gradient on the area change with a
viscous correction. The second term is new to the viscous solution and represents the
total shear at the wall. The compound compresslbiv parameter for viscous flow

is thus,

A 1 * *
n AS 3T +H*y |

_u AS
SR VEFT) MY (212

Without viscous effects, the compound compressible flow parameter and area change
relationship reduce to the inviscid limit and the form used by Bernstein et. al. Mach

number and temperature can dbgopropagated with an additional shear term:

ar _( " nHm’ A (" DM* #$ dx

- ~ 2.1
T 1" M?> A 1"M*> # P (213
(y-1) y-1 .
M2~ 1-M? A 1-M? oy P (.19
_ _ yP
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2.4.2 Corrections at the wall

Although thel/M* singularity cancels wheM =0 at the wall, low Mach
numberstreamtubs will still dominate the flow. As discussed in Lewis and

§4%2 it is insufficient to just cancel/ M? by setting(l — /y) 0, rather

Hasting dP/dx

"H"y
dP/dx

A"y

(s * gPjax’

—7 ) must go ad/M?> asM? approaches zero. In this modél!

Ay

will be assumed to be quadratic such tfidt dp/dx

) lat the sonic lineThis can

be set to 1 above the sonic line because pressure changes are gdngsiteam
only in the subsonistreamtubgs. Because the sonic line is close to the wall in a
hypersonic boundary layer, the exact power used is not important as long as the
singularity at the wall is canceled. Subsastieamtubg in this model will uséhis

correction.

2.4.3Forebody assumptions

For the purpose of determining a boundary layer ingested into the inlet and the
transition point to turbulent flow, some assumptions will be made about the nature of
the flow coming off the fordoody. For thenlets constructed in this study, assuming
an X-51 like configuration traveling a#l, =7 at 80,000 feet, the inlet will be placed
1.5 meters along the foilgody. TheX-51 is a missile with a scramjet designed to go

between Mach 6 and 7 with a rectangular iplated about 1.5 meters along thee-
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body. These calculations assume a cold wall at 300 K. Any transition criteria can be
used, but for the purposes of this research the transition point will be calculated based

on a relation found by Lewi$from expeimental resultdy Sheet?

Re, =640QM_)** (2.15
Othermore recently developadethods can be useslich as mexponentiale®
formulation developed by Malfk based on a correlating experimental results for
transition with linear stability theof§of the growth of small disturbances in a
laminar boundary layer. Using Eqgn. 2rEsults in transition to a turbulent boundary
layer at 1.69 meters or 0.19 meters in the inlet along the top and 1.69 meters along the
sides.This method allows for a quigstimate of where transition occufhie
inviscid inlet height and area is scaled such that the shock off-bddsewith a

5-degree wedge angle will intersect the cowl.

2.4.4 Constructing the shear gradient

In addition, an initial boundary laygrofile entering the inlet will need to be
constructed. Once a profile is construdBddr either the laminar or turbulent caBe
it will be propagated down the channel with the intention of finding the boundary
layer area or height according to Shagrimfuence coefficients with friin as
outlined in Egns 2.09 to 2.1A shear gradient from friction effects solely at the wall

will be calculated to determine how the profile propagates down the inlet.

48



Both a laminar and turbulent boundary layer Wwél evaluated for a
threedimensional inlet. Although the boundary layer is mostly turbulent along the top
and a turbulent boundary layer is preferable for mixing in the combustor and
decreased boundary layer separation, a laminar boundary ldlyaiswibe studied as
this also represents the wocstse scenario. In addition, the flow along much of the
bottom and sides of the inlet is laminar. The turbulent boundary layer velocity,
temperature, and shear gradient profiles can be modeled usirgjdabiywprofile
found by Perry and E&8tand temperature profile from Bertram and CHirpm

experimental data.

u "vy?o

_— = g (2.16
ER T )

uY T.-T

— | = 2.1
(ue] To,e_Tw ( 7)

ot _ (T)d_z‘J__iﬂ(T){l]_l% +1ML(L]_% 219
ay dy2 49 699 699 7 dy 599 699

where u(T) for both the laminar and turbulent cases can be calculated bpsecia

law relation because the temperature of edramtubeés known,

49



I 76
u(T) = ue#% (219

Properties of the laminar boundary layer and the shear layer can be
determined using analytical similarity solutions for a compressible boundary layer
with a variable pressure giadt. Cohen and ReshofRaalculated similarity
solutions for FalkneBkan type compressible flows using a coordinate transformation

to transform the problem into an incompressible flow problem with the coordihates

and! equal to

_ |m+lup, T, ¢ T
15072 e TolTody (229
D= (0, (o), (x)dx (2.21)

Using a simplifying assumption that Prandtl number is equal to one to determine
similarity solutions found by Cohen and Reshdtko the momentum, enthalpy, and
stagnation enthalpy equations for a laminar boundary layer will be used to determine

the Mad number and temperature of the profile,

7+ ﬁ:”+ﬁF.S.(g_ f’z):()

o'+ fg'=—(y-HM?*f” (2.22
S+1S=0
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where f’(n) = u/u,, the enthalpy functiois= h./h,! 1for a given! ,  , and
S, =T,6/T,! 1. The exponent of velocity distribution based on the Fal8iem

parameter! . ¢ that characterizes the underlying pressure gradient

_ Pres.
" Z_ﬂF.S. (2-23
_ 2 du,
ﬁF.S. - u, dg (2-24)

Using solutions to these relations, the Mach number and temperature can be

calculated as follows

(HMZJ
— 2 ¢ ’2
T=T,| @1+ S)_(l—Hszf (2.29
2 e
u.f’(n) u.f’(n)
= 1 e 2.2
yRT,|@+9- 2 ) ¢

This creates a starting profile and shear layerdhatbe propagated using
Egns 2.13 and 2.14or temperature and Mach number to then find the velocity ratio

f’ to calculate! . Then, the height of trereamtubey and its area4, can be
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determined from mass conservation and summed over afirdreantubs to find the

change in the boundary layeridjat. The shear stress

T]aT

Y ) s ) J ?dn
T uf(n)—‘ue f () ——5—
e e 57
To
2.2
ms T 2 ns T ( D
76 7dn -24 7dn
E: l u f”’(n) 0 TO +& l d_Tu f”(n) 0 To
ay HelT) ™ sT | TAT) sT
0 0

and shear gradient can be calculated basediarorder to find the change in

boundary layer height using Bg2.4 and to march the solution for Mach number and
temperature down the inlet. The starting boundary layighhé based on the stated
assumptions about the vehicle is 0.00272 mdéperwer law inlet) and .00149r{gle-

defined inlet) calculated from

2 "uw T
(m+21)u,#, T

!
T99 =

(O—dfb‘ (2.29
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2.4.5 Modifications for flow near the sonic line

As the transonistreamtubg approachM, =1, anumerical instability results

in the equations for propagating temperature and Mach numbe. 'As],

— oo causing temperature and Mach number to blow up. For a boundary layer

1-M?
in an inlet and a reasonably constructed profile, at leasttoeemtubevill approah

Mach 1. This instability can be fpassed by changing the height afteeamtube&oo

close to the sonic line by an infinitesimal amourdising for a supersongtreamtube

and lowering for the subsonic case. This is analogous to choosing to traakranoth
streamtubeslightly higher or lower in a continuous profile. This modification

occurred when Mach number was less than 1.08 for supestogamtubs and

greater than 0.92 for subsomiiteamtubs. Mass is still conserved as the model is
tracking anotbr streamtubeand mass is conserved in a global sense by decreasing the
mass of an adjacestreamtubeWhen the height of th&treamtubes adjusted, the

Mach number for thagtreamtubeés calculated based on Eqn 2&6was used to set

up the original pofile. The temperature and shear gradient are held constant. The
similarity coordinate is calculated based on the adjusted height and the change in the
similiarity coordinate with heighStreamtubes adjusted accordingly remain at about

M =1 with no instabiliies in Mach number or temperature.
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Chapter 3inlet Design

Although the above methodology can be used for a variety of hypersonic flow
calculations with a shock wave or that require adding a correction due to a boundary
layer, it will be testedpecifically on two threglimensional rectanguldo-circular

inlet designs.

3.1 Design parameters

The feasibility of using this method is being studied usinegdeggned area
changes and geometries and approximate design performance parameterst The inl
will be designed for a »1-like configuration traveling at Mach 7 with initial
compression done by the fabedy to produce Mach 6 flow entering the inlet. The
X-51 and the intended location on the by is shown in Figures 3.1 and 3.2. The
inlet geometries were chosen based ebIXinlet andore-body lines provided by
AFRL*3, Theinlets were designed with the physical and performance parameters

outlined in Table 3.1.
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Cruiser

Modified ATACMS
Boocster

/

Scramjet Engine

X-51 Vehicle Properties:
Vehicie stack: Length: 251t
Waeaight- 3,925 o3 /

Cruiser: Length: 14 it
Weight: 7,480 Iz (Fual: 265 be) T 1OW-Through

Max body wadth: 23 inches Inter-stage
Engine fiow-path width: G inches

Figure 3.1. X51A SED Vehicle Configuration with Rectangular iffet

2D inlet »<—|solator

Computational
Domain

Figure3.2.Forebodywith shocks and 2D inle€Computational domain shown for

placement of thredimensional inlet.
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Parameter Symbol | Power law design| Angle-specified desigrl
Designed freestream Mach numb M, 6.0 6.0
Throat Mach number M, 3.58 3.58
Truncation angle 0 4.23 degrees 4 degrees
Shoulder angle 0, 4.16 degrees 5 degrees
Inlet length L 13.46 ft 13.86 ft
Cowl length X 4.60 ft 4.60 ft
Capture height Yeapure 2.34 ft 2.41 ft
Contraction ratio CR 2.98 3.07
Throat radius I St St
Throat temperature T, 1000 K 1000 K
Throat total pressure R, 18.473 atm 18.473 atm
Throat pressure F .5 atm .5 atm
Number of streamtubes N 15x 15 15x 15

Table 3.1 Physical and design performance parameters for studiedithezesional inlets

3.2 Inlets analyzed

Two area functions were chosen to create the 4fliraensional inlets to
study. For the first design, an area change function using a bl@agvef law
functions that produced the desired capture and combustor height and wedge angles
between 4 and 7 degrees along the centerline was initially chosen. The following

function for the top of the inlet was chosen:

1 14
Y(2:X) = Vegpuure = ¥, (2)) E(ym,,m,e ~3,(2)) - (Zj +C(2) (3.1)
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where ycoordinate of the top of thalet, y, is the height at the throatatand C,(z)

is a constant. This design has a higher area change and higher wedge angles in the
middle of the inlet. The top of the inlet was adjusted smoothly so thasgaemtube
would have the same flow angle at tapture and shoulder. The highest inlet angle
along the centeline and the sides was 6.47 and 8.03 degrees respectively. The

bottom profileb(x,z) was determined by

L 2
| (X—) 14
b(z,x) = (-b,(2)) 5(—bt(2))) —(—) +C,(2 3.2

A second transition area was designed based on the results of propagating
streamtube in the first inlet by specifying the wedge angle at each location to
produce more area change near the corner and inlet entrance and more gradual change
in the middle of the inlet. The height of the inlet is the same as the height ofithe X
inlet and the same height to length scaling and cowl location as the firsf itet.
inlet with more gradual change in the center of the inlet and more transition near the
corners will likely have fewer shock losses. The maximum flow angles of 9.15 and
9.95 along the centdine were 0.20 and 0.15 feet from the capture and shoulder,
respectively. The minimum flow angle of 4.7 degrees occurred at 12.24 feet along the
inlet. An anglechange profile was chosen along the celierthat produced a

smooth trasition from the specified capture height to combustor height with a four
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degree initial wedge angle and five degree shoulder angle. The sides of the inlet were
calculated by increasing the angle by a constant and small amount such that the
required heighthange was smoothly produced. The bottom was scaled to match the

top as follows:

y(L)(y(x—1) - y(x))
y(0)—y(L)

b(x,z) = +b(x—-1) (3.3

Each design is symmetric @it the yaxis. The capture plarend combustor
were given a widtlor diametenof 1 ft. In many thre@limensional inlets, there is also
compression along the sides, but the same wailditg the centewas used to simplify
calculations. To determine the total area of the tdieeensional inlet at each

location, the inlet was cut up into 65 strips with a bottom and top calculated every

31 : :
1/64feet and atx = 16—4 feet near the wall. The area for each strip was determined

by:

Az, x)——h(z)| —*ﬁy(z)l §z+—/8/—+§b(z) b§z+ 128/:?;;

A1) =22 (3.4
2

AX)= . AZX)

z=!'5
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The total area change functions for each inlet are shown in Figure 3.3. The two three
dimensional inlets designed are shown in Figures 3.4 andli.®ach horizontal

line representing thimp and bottom streamlines

Inlet area versus distance along inlet

Power-law design
Angle-specified design

Inlet area (feet)

Distance along inlet (feet)

Figure 3.3. Inlet area change as a function of distance for each inlet studied.

Figure 3.4. Streamlines in thre@nensional inlet with rectangular capture area and

circular combustor (power law).
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Figure 3.5 Streamlines inttreedimensional inlet with rectangular capture area and

circular combustor (angldefined).

3.3 Streamtube grid

The grid constructed fatreamtubgropagation of the inviscid solution
consisted of 1#y-15 discretestreamtubs. For the viscous boundary layer, a grid of
8-by-8 streamtubgs was used. The total numberstieamtubg needs to exceed 100 to
ensure model fidelity. The inviscid solution should have at the very least 5
streamtube to accurately characterizeetnonuniformity and propagate the flow
across the shock wave. The viscous solution needs also at $teesirbtubsba

nearly zero velocity, an incompressible, a transonic, a supersonic, and a hypersonic
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streamtubevith the hypersonistreamtubdor the inlets studied corresponding to the

top of the boundary layer.

Eachstreamtubédiad an area determined by dividing the circular throat into a

center channel denoted lay =0 and n, = 0 and seven symmetric channels on each

side such that each channel containstidamtube. Rather than creating a grid that
divided the circular throat into 225 equal areas, this grid was used for computational
and conceptual reasons. Because the flow can be thought of and calculated as a series
of independenstreamtubg in a channelt makes sense to create a grid that places an
equal number odtreamtube in each channel. With this grid, eastheamtubet a

given height will cross the shock at the same time and each channel will have the
same number of shock calculations. The ggdd is shown in Figure 3.6. The

starting areas of eacreamtubere shown in Figure 3.7 and Table 3.2.

Stream-tube grid
+ + +
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Figure 3.6 Streamtubeyrid. Each cross represents locationstfeamtube
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Inlet height

o
w

Streamtube areas

0

Inlet width

Figure 3.7 Streamtubeareas at the throat.

Streamtube number n, along z-axis

Streamtube
ny along y-
axis

N

N Ot~ WNEFHOFHNWSDAMUULO

0.00266
0.00356
0.00414
0.00463
0.00484
0.00508
0.00519
0.00523
0.00517
0.00506
0.00482
0.00461
0.00411
0.00353
0.00264

0.00229
0.00351
0.00408
0.00458
0.00479
0.00503
0.00513
0.00517
0.00513
0.00503
0.00479
0.00458
0.00408
0.00351
0.00229

0.00225
0.00344
0.00400
0.00448
0.00475
0.00492
0.00503
0.00506
0.00503
0.00492
0.00475
0.00448
0.00400
0.00344
0.00225

0.00219
0.00313
0.00382
0.00427
0.00458
0.00469
0.00479
0.00482
0.00479
0.00469
0.00458
0.00427
0.00382
0.00313
0.00219

0.00210
0.00300
0.00366
0.00409
0.00433
0.00448
0.00458
0.00461
0.00458
0.00448
0.00433
0.00409
0.00366
0.00300
0.00210

0.00192
0.00271
0.00329
0.00366
0.00387
0.00400
0.00408
0.00411
0.00408
0.00400
0.00387
0.00366
0.00329
0.00271
0.00192

0.00166
0.00237
0.00285
0.00316
0.00333
0.00344
0.00351
0.00353
0.00351
0.00344
0.00333
0.00316
0.00285
0.00237
0.00166

0.00130
0.00185
0.00218
0.00238
0.00250
0.00258
0.00262
0.00264
0.00262
0.00258
0.00250
0.00238
0.00218
0.00185
0.00130

Table 3.2 Streamtubestarting areas for 15x15 inviscid grid.
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Although this grid does bias tls¢reamtubsg in the middle that have more area
asstreamtubs at a lower pressure and with more area will crowd out smaller area and
higherpressurestreamtubsg, the middlestreamtubg have better total pressure
recovery, adiabatic and kinematic efficiency. A profile entering the inlet calculated
from a combustostreamtubegrid weighted in this manner in favor of thieeamtubg

in the middle should produce a better performing inlet.

3.4 Computational details

A particular advantage of the method developed is that it allows for quick
iteration of designs and domset require extensive computational resources. For
example, these flow field solutions were propagated using an Excel spreadsheet. This

method lends itself easily to using a few simple spreadsheetsnﬁs;tohaane(N)s

properties was calculated in the sasaeies of columns and eaahstreanubeOs

properties in the same rows with a step size of 0.01 feet. This approach makes sense
from an analytical standpoint. First, because the method is algebraic, the solution can
be easily marched upstream (inviscid) omtistream (viscous). Second, at each
x-location,streamtubgroperties could be compared from the floor to the top of the
inlet. Third, aside from pressurerfeach streatube, its properties can be treated
independently from the rest of the fld\except at locations where there is a pressure
gradient. Separate worksheets were used for shock and results calculations. For the
inviscid solutions, once the pressure ratio across the initial shock wave, shock angle,
andstreamtuberea at and across theosk are determined, the properties of that

streamtubeare determined at the capture area within seconds independently of the
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otherstreamtubs. Although an Excel spreadsheet was used for this analysis, a variety
of programming languages and software cdwddused. Unlike with some of the other
methods used to create transition ducts and model the flow inside a hypersonic three
dimensional inlet, this does not require computational fluid dynamics, extensive

computing power, long rutimes, or specialized #ware or codes.

For the inviscid solutions, temperature, Mach number, pressure, individual
area, and the constant mass flow parameter were tracked and propagated for each
streamtubeln addition, to aid in debugging and ensure the solution was physical,
continuity, momentum conservation, and energy conservation were calculated for
eachstreamtubet each step. For propagating stieamtubg between shocks,
conservation of mass, momentum, and energy was required to be satisfied to within
10°. For thestreamtubearea behind the shockwave, this was relaxed to require the
area to satisfy the conservation equations to within 1%. The total area of all the
streamtubg also was compared to the area of the inlet to track erroruquiahd to
check that the indidual areas of thetreamtubg was calculated correctly. The shock
angle and required pressure ratio were iterated until the wedge angle from the

solution to thetdbetaMach number relation was to within 10

The viscous solutions required more time, several modifications and more
calculations than the flow under inviscid assumptions. The pressure, areas, heights,
and lengths were converted to Pascals and meters. The height and area of the inlet

was scaled sicthat the bow shock reflected off the cowl. The ratio of the boundary
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layer to required height of the inlet was 0.00362. With an initial boundary layer

height of 0.00272 m, the inlet height is scaled down by 0.7514 times .3048 m/ft.

Similarity solutionswere calculated and used fbg ¢ in steps of 0.0linstead
of for every 3, ; . Similarity solutions forf, f!, /7, f”, S, andS!were
constructed for to three decimal places using a numerical integrator. Because each
profile with that resolution i contained thousands of points, it was impractical to

re-calculate the similarity solutions for every, The solutions, however, did not

change enough to affect the results. Because the program needed to look up the
tabulated similarity solutions for evesyreamtubet each step, this made the
boundary layer calculation take several minutes. For the overall flow, the height of
each channel, pressure gradient, pressure, Fakar parameter, area of the inviscid
inlet, wall shear, and inviscid solution fistach number, temperature, density,
velocity, and total temperature for the wipeamtubevas tracked. For each
streamtubgthe Mach number, temperature, density, individual area, total

temperature, similarity coordinated, /dy , similarity solutions,u(T) , shea

gradient, shear stresscypordinate, height from lastreamtubeand a curvit term

for the subsonistreamtubg was calculated.
Each channel was calculated separately to find the change in boundary layer

height. The height of the lastreamtubevas set to the height of the boundary layer as

it was chosen as the 99% veloagtyeamtubeThe profilesbvelocity versus height
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and velocity versus similarity coordina@avere plotted to ensure that the boundary

layer maintained its profile as the sadut was propagated down the inlet.
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Chapter 4: Performance Analy$&inviscid

Both inlets were evaluated to determine their performance and the
effectiveness of using this method under both inviscid and viscous flow assumptions.
Lessons learned on usitlys method and sources of errors are presented. The
performance, incoming flow profile, naimiformity at the capture plane, and

propagated shock wave is compared for both inlets under inviscid flow assumptions.

4.1. Inviscid Performance Parameters

To assess the performance of these inlets propagated with compound

compressible flow theory, several performance parameters are used. The ratio of total
pressure between the fresgeam and throat flow . for the inviscid case is better

than that of rectandar inlets and comparable to other thd@mensional inlets with a

rectangular capture area and circular combustor. The kinetic energy efficiggcies

and adiabatic compression efficienclesalso compare with other studied

rectangulaito-circular inlets ad are better than those calculated for rectangular

inlets. Kinetic energy efficiency and adiabatic compression efficiency are defined as

(4.1)
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2 '&1) # 1
Y Rt A ) 4.2
KE (#Il 1)M2$,avg ( %z* é ( )

Static temperature ratigr, total pressure recovety,, average frestreamMach

number M and the efficiency parameters are all magsraged quantities

I avg !
because of the neuniformity at the rectangular entrance. Because the profile at the
throat is uniform in Mach number and temperature, ragssaging is the same as

weighting ecchstreamtubdy its areaa . Both inlets had the same performance

results although the second inlet unsurprisingly because of its larger contraction ratio
also had a higher static temperature and pressure ratio. The second inlet had a 3%
higher contractio ratio, but a 14.6% higher static pressure ratio. The second inlet had
0.014% less total pressure recovery and 0.0002% less adiabatic compression
efficiency, reflecting that small changes in adiabatic compression efficiency result in
relatively large chages in total pressure recovery. The kinetic energy for both inlets
was the same to four significant digits, which is not surprising as large differences in
adiabatic compression equate to small changes in kinetic energy efficiency and at
high Mach numbersust be quoted to at least three significant digits. That the two
inlets had almost identical total pressure ratios, adiabatic compression efficiencies,
and kinetic energy efficiencies is not surprising as neither inlet is required to have
uniform flow enering the inlet and using compound compressible flow theory forces
streamline traced isentropic flow, minimizing shock loses. Each inlet studied had an

average frestream Mach numbei =6.1% and the flow at the top of the inlet at

! avg

M_ =6. The second inlet had a higr Mach number at the shoulder because it had a

68



higher shoulder angle. Performance results under inviscid flow assumptions are
shown in Table 4.1. These are comparable to those for the REST inlet with similar
physical characteristics at Mach 6.0 in Tahl2 and exceed those of a comparable
rectangular inlet with the performance characteristics outlined in Table 1.3. Figures

4.21 and 4.23how total pressure recovery in ih&et for both designs.

Power law Angle-specified

Parameter Symbol |design design

. 18.9411 22.1719
Static pressure ratio Pirvoar ' '
Static temperature rattomassavg ! 2.3881 2.3992
Capture pressure R 0.0264 0.0226
Shoulder shock entrance Mach num| M; 3.8836 3.9389
Average capture Mach numbemass Y 6.1521 6.1544
avg o avg
Total pressure recoverymassavg ! 0.9301 0.9285
Kinetic energy efficiencypmassavg ke 0.9972 0.9972
Adiabatic compression efficien&y 0.9849 0.9847
massavg 1.

Table 4.1. Performance results and capture plane properties of simulated inlets

4.2 Inviscid Performance Analysis

4.2.1 Methodology and error analysis

Some difficulties resulted from using this method based on where most of the
compression occurred and due to too high turning angles on the sides. However, these

difficulties provided insight into good design procedures using this method. With the
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first inlet studied, most of the area change occurred in the middle of the inlet. As
morestreamtubg passed forward across the reflected shock boundary towards the
front of the inlet, the overall area change did not produce a pressure high enough for a
physical slution for thestreamtubg near the sides that had higher wedge angles. At
that given wedge angle, a pressure gradient could not be specified that satisfied the
pressure matching condition and matched the flow angle and resulted in a lower
pressure and gher Mach number directly behind the shock compared to the other
streamtubg on the same side of the shock boundary. The area change near these
locations needed to be modified slightly to produce a physical solution. However,
with a continuous profile or profile with morestreamtubs, this is not a realistic
solution. A real inlet would have a continuous smooth area change and would have
streamtube crossing the shock at each location. A possible solution if this problem
occurs is to modify the area oftlnlet by producing more compression for the
streamtubg near the bottom of the inlet. For future designs, more compression could

be added to the inlet at the shoulder.

With this in mind, a second inlet was created by choosing a wedge angle at
each loction with higher angles near the corner and the capture plane. Specifically
larger wedge angles nearer the throat established Fpgbesure gradients directly
behind the shock, allowing for more flexibility in choosing the shock strength and
shock angleHowever, this gradient ended up getting too large as st@amtubgs
passed forward through the shock boundary with large areas. Theskaegentubs

at lower pressures crowded out the highesssure tubes, forcing them to decrease
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their size and inease their pressure even more. The lasstveamtubsg to pass

through the shock wave produced larger errors in the total areastfébentubg and

could not satisfy mass, momentum, and energy conservation to within 2%. A longer
inlet than the ones slied with more modest turning angles but slightly higher area
change near the throat would likely avoid these issues. An inlet design with higher
transition spread out more along the inlet but focused near the capture plane and the
corners than the secoddsign might also avoid these issues. Figdrésand 4.15

4.20 particularly showhe high pressure, temperature, and Mach number gradients for
the laststreamtubg on the second inlet. As shownrFigures 4.1 and 4,2he angle
specified inlet design had largereamtubereas at the entrance that crowded out the
streamtubg behind the shock wayeausing the large pressure gradients near the

cowl and the entrance.

Streamtube areas at entrance - Power law 103

02 -01 O 0.1
Z-axis location

Figure 41 Streamtubeareas at entrané@Power Aw design
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Streamtube areas at entrance - Angle-defined
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Figure 4.2 Streamtubeareas at entrané@Angle-specified design
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Figure 4.3 Pressure ratio along centerline for power law inlet
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Figure 4.4 Pressure ratio for angle specified inlet along center
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In addition to tracking conservation of sasmomentum, and energy, the total
area of thestreamtubgs was compared to the designed area to check the fidelity of the
solution. For the first inlet studied, the error in the total area prior to the initial shock
wave was 0.6% and 0.06% at the captlaeg The error buildip for the second
inlet was higher due to the higher pressure gradients near the cowl and capture plane
D0.99% prior to the initial shock and 1.5% at the capture plane. The areas of the

streamtube at the capture plane are shawirigures 4.1 and.2.

4.2.2 Inlet performance analysis

The two designs studied produce qualitatively different profiles at the entrance
because of where most of the compression occurs in each inlet. For the first design
studied, because the middle of thket had higher wedge and lower shock angles, the
center of the inlet had higher Mach numbers and lower temperatures at the entrance
and the lowest Mach numbers and highest temperatures along the top and bottom.
This is shown irFigures 4.5 and 4or the first inlet. In the second design, Mach
number was higher and temperature lower along the sides where compression is
expected to be greater as shawirigures 4.7 and 4.8 he second inlet had more
uniform Mach number profile in the center around Mach 6, the intended Mach

number and is probably a more realistic profile coming into the inlet.
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Figure 45. Mach number profile at inlet entranBé&ower law inlet
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Figure 46. Temperature profile at inlet entranio®ower law inlet
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Mach number profile at inlet entrance
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Figure 47. Mach number profile at inlet entranB&\ngle specified design
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Figure 4.8 Temperature profile at inlet entrari@@ngle specified design
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Figure 4.9 Mach number profile along oeerbpower law inlet
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Figure 410. Mach number profile fon, = 3 streamtub® power law inlet
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Figure 4.11Mach number profile for, = 7 Dpower law inlet
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Figure 4.12 Temperature profile for cent®rpower law inlet
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Temperature profile for streamtube nz=3
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Figure 4.13 Temperature profile for streamtulbe = 3 Dpower law inlet
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Figure 4.14 Temperature profile for streamtulbe= 7 Bpower law inlet
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Figure 4.15Mach number profile along cent@angle specified inlet
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Figure 4.16 Mach number profile fon, = 3 - angle speciéd inlet
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Figure 4.17 Mach number profile fon, =7 - angle specified inlet
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Figure 4.18 Temperature profile along cent2angle specified inlet
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Figure 419. Temperature profile fastreamtuben, = 3- angle specified inlet
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Figure 420. Temperature pifde for streamtuben, = 7 - angle specified inlet
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Both inlets had relatively uniform total pressure recovery, with the second
design having a larger area of uniform total pressure recovery in the center as shown
in Figures 4.21 and 4.2k thepower lawdesign, the highest pressure recovery was
on the top and bottom with the lowest pressure recovery along theRgles. 4.22
shows several pockets of higher total pressure recovery in the second inlet. It may be
preferable to have these pockets to increaiseng and combustion in a scramjet
combustor. With this method, it is fairly straightforward to map locations of higher

total pressure or temperature at the throat with where on the inlet to decrease or

Total pressure recovery ut thros

0.99

Lttt gt (foed)

%5 ) i & : I . ) | 0.9

Tams loction (inet)

Figure4.21. Total pressure recovery at thréa®Power law design
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Figure 422. Total pressure recovery at thréafngle-specified design
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Figure 423. Initial shock wave from inlet capture fpower lawinlet
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Figure 4.24 Reflected shock wave in studied powaev design.

Shock angle [ (degs)

Initial shock wave angle [3

- %
n_=1
r4
n_=2
z
_h_=3
4
nZ=4 —
n2=5
n_=6
z

n_=

i I i 1 I i i i

0 1 2 3 4 5 6 7 8 9
Distance along the inlet (ft)

Figure 4.25Initial shock wave for anglspecified inlet
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Figure 4.26 Reflected shock wave in anggpecified design

increase the wedge angle to create these structures. Although a throat profile can be
created that produces thgseckets, for a uniform inflow, this method can be used to
determine where to change the wedge angle such that the total pressure recovery is

higher or lower where needed.

This method allowed for some flexibility in designing the shock wave.
Figures4.23 and 4.26how the evolution of the shock angle as the shock wave is
propagéed forward towards theapture plane. For the second inlet, the initial shock
wave from the top of the inlet is relatively constant. The reflected shock wave has a
similar sh@e for eactstreamtubdout with the highestreamtubg having higher
shock angles. The second inlet used smaller reflected and initial shock waves because

of the larger wedge angle at the corner. The steps in the reflected shock angle graphed
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in Figure4.26 at 12 and 11 feet occur because the wedge angle decreased or increased
by half a degree. The higher total pressure recovery pockets occurredlueie to

decrease in wedge angle in this portion. Because there is the most flexibility in
characterizing theh®ck at the entrance and the cobéne sametreamtubsbthe

top of the inlet had nearly complete total pressaoevery and was created to have

M, =6 at the top of the inlet. Figurds3 and 4.4lso show the shock structure in

the inlet.

Both inletsexhibited about the same amount of tumiformity, although the
first inlet had a slightly higher range of Mach numbers and temperatures at the
entranceTotal pressures recoveries at the#trwere slightly higher and weneore
uniform in the middle of the inlet from the bottom to the top in the second inlet. Mach
number at the entrance ranged from 5.963 to 6.4637 with theavaissge Mach
number at 6.154 fahe second inlet. Mach numbertbE inflow to the first inlet
varied from 5.812 to 6.437 with a mesgeraged Mach number of 6.152. The first
inlet had a more uniform temperature profile at the entrance and a higher temperature
range (from 390 to 46K). Temperatures at the capture plane for the second inlet

varied fom 380 K to 450 K.
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Chapter 5:Performance AnalysisViscous

For each inlet, the growth of the boundary layer was calculated according to
the viscous compound compressible flow based method presented previously. This
method presents a qualitagimethod for comparing inlet designs under viscous flow
assumptions witfew computational resources and time. Although the boundary layer
will likely transition to turbulent flow near the beginning of the inlet, only the laminar
flow case was calculated the present worlas propagating the laminar profile is
more difficult. A laminar boundary layer also represents the voast scenario.
However, this method should be able to work with any préfieminar or turbulent.
Only the ingested boundary layfeom thefore-bodythat propagates along the top of
the inlet was calculated. The boundary layer was propagated after the initial shock
from the inlet entrance wedge angle. The starting boundary layer height was not the
same for each inteas calculatefrom Eqn. 2.28This was necessary to ensure that
the viscous propagation started at the right boundary layer height for the underlying

inviscid flow properties and pressure gradient.

5.1 Boundary layer height

Center boundary Percentage o

35 32
Inlet Total Area layer height inlet Flat plate Flat Plate
Powerlaw 0.00169 0.00551 3.01488 0.00842 0.00575
Angle-defined 0.00368 0.00969 6.33823 0.0085 0.00669

Table 5.1. Comparison of centerline boundary layer versus flat plate solution
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Streamtube

Inlet Center 1 2 3 4 5 6 7
Powerlaw 0.0058  0.00539 0.00555 0.00552 0.00548 0.00554 0.00572 0.00572
Angle-

defined 0.00969 0.011¥ 0.01109 0.01020 0.00964 0.01128 0.01045 0.01180

Table 5.2. Final boundary layer heights for both inlets

The boundary layer growth was calculated for each inlet and found to be on
the same order as the flat plate solution with the adefimed inlet having twice the
boundary layer growth. THeoundary layer at thexit planecomprised 3 percent of
thepowerlaw inlet. For the anglalefined inlet, the boundary layeomprised 6.33
percent of the exit planeThe flat plate solution was calculated to provide a sense of
whether the boundary layer calculated using compound compressible flow msthods
a represeution of a realistiboundary layer. As shown in Table 5.1, the boundary
layer calculatedor the first inlet was under (65%) compared to the flat plate solution

found using the relatiofiound by Bertram and Blackstotk

u-l— % 1
I = 85xe="+ 35, Jc(( ) 1)M?2 5.1
5T 3% (()1) Ty (5.1)
where
T, :1.816=.S+.5T—W+.03M|2
T! T! - -
‘T o (5.2

C:§T! 2 = .8196
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and c is the ChapmafRube# parameter and’. is the reference temperature

characterizing the temperature of the boundary layer. However, using the following

f 2 OT
I =x |— —d" 5.3
X Rex# T, -3

for a laminar compessible boundary layer themegoodagreement (witim 1% to 7%)

relation from Whité®,

between the calculated boundary layer and the flat plate solution. As shown in Figure
5.1, the streamtubes with the exception of the1 and n= 2 streamtubes had the

same boundary layer growth until about 2.5 meters along the inlet, which if@ear t
inlet cowl. Then=1andn =2 had the same growth but started off slightly larger.

After 2.5 meters along the inlet, the streamtubes had different rates of boundary layer
growth with then=7 and n=6 boundary layers growing the most. The slight
increasan the bomdary layerthicknesdor the n = 7 streamtube at 3.5 meters is

caused by a slight instability in Mach number as the sixth of eight streamtubes in
profile reached the sonic line (Figusel?). Instead of oscillating arounil =1.0¢,
thestreamtuberossed the sonitk and oscillated arounil = 0.9 and crossed back
above the sonic line, settling aroudMi=1.1. The other streamtubes did not have this

problem. The final boundary layer height for each streamtube is shown in Table 5.2.
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Figure 5.1 Boundary layer height for powaw inlet assuming laminar flow
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Figure 5.2. Boundary layer height for anglefined inlet assuming laminar flow
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The boundary layer for the anglefined inlet was about twice as large as the
boundary layer for the power law inletthe exit planebecause of the larger pressure
gradients behind the shock near the entrance. After the first shoalculatecat 0.2
meters into the inlet, the large pressure gradient caused by the curved shock causes
the boundary layer to increase about 0.0015 me#drish is about a quarter of the
total boundary layer growth of the power law inlet. This effect can be seen clearly in
Figure 5.2. As the pressure gradient decreases, the jaggedness of the boundary layer
decreases. After the caovdt 2.84 meters, the bodary layer growth is smooth and no
longer subjected to jump%his is likelybecause of the pressure gradient behind the
shockandbecauseafter 2.84 metershe topstreamtubes in front of the shock off the

cowl.

Despite these jumps, the overall tldn boundary layer growth remained
relatively constant for the angtefined inlet, while it gradually slowed down for the
power law inlet until the cowl. After the cowl, the boundary layer growth was about
0.004 meters for the angtiefined inlet (35% t@0% of the total growth), while the
growth after the cowl for the power law inlet was much smaller (8 to 10 percent of
the total growth). An inlet with smaller pressure gradients behind the curved shocks
will likely have a smaller boundary layer and witiis methogdproduce a more

accurate representation of the boundary layer growth.

Theboundary layestreamtubes closer to the walls had ®snstream

growth tharthosein the center of the inlet. The streamtube closest to the side wall
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(n=7) had acelerated growth about 3.5 meters along the inlet because the seventh
streamtuben the profile reached the sonic line (Figat20), andinstead of

oscillating around a Mach number close to the sonic linepdsed the sonic line.

The increasén the n = 6 streamtube near the shoulder also occurred because the

seventh streamtube in the vertical profile passed the soni@imare 5.19.

5.2 Effect on sel$tarting and inlet shape

New inlets were constructed that corrected for the boundary layer gogwth
adding a correction equal to the boundary layer growth as developed byWalsh
These new inlets had lower contraction ratios than the inviscid inlets, but did not
change much because the boundary layer ingested into the isolator was less than ten
percent of the total airflow. The corrected internal contraction ratio is still greater than
the Kantrowitz limit; however, experimental results indicate that a rectartgular
elliptical inlet with an internal contraction ratio well above the Kantrowitz limnit a
Mach 6 will still selstart'® Because an unstarted hypersonic inlet has a higher
pressure recovery compared to a normal shock, internal contraction ratios higher than
the Kantrowitzlimit can allow for inlet selbtart. For some geometries such as
threedimensional geometries, internal contraction ratios as high as two to three can
still allow for selfstart*® Figure5.3shows the corrected inlet area compared to the
uncorrected inlet area for each inleigure 5.4showsthe corrected and uncorrected

centerline height for each inlet.
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Figure 53. Comparison of corrected and uncorrected inlet areas
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Figure 54. Comparison of corrected and uncorrected center heights
Average Boundary
Inlet Inviscid Viscous  Kantrowitz Mach Layer Cz:ézcid
Internal CR Internal CR Limit Number at Area at
Cowl
Cowl Cowl
Power law 1.54 1.52 1.25 4.374 0.00157 0.0841
Angle-definec 1.61 1.56 1.44 4.576 0.00237 0.0907

Table 5.3. Internal geometric contraction ratios

92



Inlet New Capture Area Viscous Exit Area Inviscid CR Viscous CR

Power law 0.1635 0.055 2.98 2.95
Angle-defined 0.1690 0.058 3.07 291

Table 5.4. Corrected inlet areas and external geometric contraction ratios

5.3 Mach number in boundary layer

In eachinlet, the boundary layestreamtubes eadrended towards the sonic
line depending on the strength of the shear gradient. When a streamtubeOs Mach
number approached too close to the sonic line, where the Mach number decreased or
increased too rapidly toward¥ =1 where the solution would blow up.eh
streamtubeOs height was adjusted and the Mach nurasjusted based on the
initial equation for determining Mach number in the profile. The Mach nuatber
which this adjustment occurrdfla readjustment trigger valu® depend®n the
value of the shkar gradient and how quickly a streamtube approached the sonic line.
For the first supersonic streamtube to reach the sonic line andgamitbes higher
in profile (n=6 or n="7), higher Mach numbers (1.09M < 1.12) that this
adjustment occurred were neededkeep the solution stable. The results when this
number is not high enough can be shown for the streamtube channels closer to the
wall for the n=6 or n=7 streamtube in the profile ihigures 5.13, 5.19, and 5.20
In these cases, the streamtubes oscillatesteaand below the sonic line or crossed

the sonic line as shown kigures 5.19 and 5.2ihd stayed at a much lower subsonic
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value. This resulted in a larger increase in the boundary tlagerif the streamtubes
had stayed above and near the sonic Benerally, resetting the profile resulted in
theMach number oscillating around the trigger value and did not alter the boundary
layer growthb providedthetemperature and the shear gradient were handled

correctly.

There are some slight anomalieghe Mach number profiles for the angle
defined inlet because of the large pressure gradient at the inlet entrance. For the
second streamtube indlprofile, the Mach number drops slighfitgm M=0.3 to
M=0.16. This is due to the large positive presgrealient from the curved shock at

that location because the shear gradient for the first two streamtubes in the profile

. . ll# n
was calculated based on curve fitting mrﬂ ~ M?. Because the streamtube at

dP/dy
the wall always has a velocity near zero and increases its iMawcher very little
because the shear gradient ~ the pressure gradient, only the second streamtube in the
profile is affected. In addition, the streamtube modeling the top of the boundary layer
(n=8) has a Mach number slightly higher than the underlying Blesause of the
large decrease in Mach number behind the shock at the entrance. This method cannot

adjust the Mach number in the boundary layer to this instantaneous drop.

Most streamtubes reach the sonic line by the end of the inlet. On the angle
defined inlet especially, even the seventh streamtube in the profile reached the sonic
line, leaving only the initially hypersonic streamtube representing the top of the

boundary layer and the wall streamtube not at the sonic line. However, the angle
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defined ifet is als00.12 meters longer. A more continuous profile with more tubes

0.8<! <0.9¢ might be more accurate and representative of the boundary layer and

fill some of the gaps in the profile towards the end of the inlet. In the power law inlet,

the n = 6 streamtube bahgreached the sonic line by the end of the inlet.
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Figure 55. Mach number power law inl€&Center line
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Figure 56. Mach number power law inl&€&n=1

95



Mach number

Mach number

w

Mach number - n=2

0 0.5 1

15 2
Inlet distance (m)

Figure 57. Mach number power law inl&n=2
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Figure 5.8 Mach number power law inl&n=3
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Figure 5.9 Mach number power law inl€n=4
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Figure 5.10 Mach number power law inl&n=5
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Figure 5.14 Mach number angldefined inletbn=1
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Figure 5.16 Mach number angldefined inletbn=3
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Figure 5.18 Mach number angldefinedbn=5
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5.4 Temperature in boundary layer

An alternative method to determining the temperature based on the equations
used to construct the original profile needed to be used to produce physical results for
temperature. Usinggn. 2.25roduced a temperature that was lower than the starting
tempeature, which is inconsistent with compound compressible flow theory.
According to the classic influence coefficient method, the temperature in each
supersonic streamtube needed to increase and decrease for each subsonic streamtube
because the channel amgas decreasing and because of the presence of friction. This
could suggest that the profile is not being tracked properly; however, the profile looks
right until the first streamtube reaches the sonic line. It is more likely because as a
streamtube approhes the sonic line from above, it is still increasing in temperature
because of the area change and friction but moves a location in the boundary layer

profile with an corresponding to a different temperature. Best results were obtained

by setting the teperature constant to the previous value each time a streamtube
crossed the trigger Mach number value. Figgr2dto 5.36show the temperature for

each streamtube for both inlets.
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5.5 Shear profile

The growth of the boundary layer is highly dependent on the method for
calculating the shear gradient. There are several ways of calculating the shear
gradient for each streamtube. Calculating it based on the reference temperature
according tdeqgn. 5.2produces a boundary layer that grows too slowly and in some

cases decreases. For each streamtupevas calculated based on thenpeerature

according tdegn. 2.9 The shear gradient term can also be calculated based on
finding the shear stressandthe diffelence between adjacent streamtubes divided by
the difference in their heights. For the profile resolution used, this produced a shear
gradient that was too large, resulting in the top streamtube Mach number decreasing
too rapidly with respect to top strearbe in the inviscid flow and the third and fourth
streamtube in the profile very quickly goingNts=1. The change in the similarity
coordinate witlrespect tdhe change in streamtube height can be similarly

determined or can be determined based on

# -l
d _ T,
o T (5.4)
Tf

0
UsingEqn. 5.4propagated errors from propagating temperature and produced a
smaller boundary layer; whereasing a finite difference produced errors from

having a discrete streamtube profile and a larger boundary layer. A mix of methods of

/
calculatirg 3—y was used witlEgn. 5.4 producing better behaved streamtubes for the
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higher streamtubesi(= 6 and n = 7). The shear gradient for the first and second
streamtubes in the profile was calculated based on the shear gradient necessary for the
curvefit for finding the area change for subsonic streamtubes. Using more

streamtubes in the profile at each channel might produce a more accurate shear
gradient profile and resulting some of these different ways ofl@aating the shear

gradient producinghe same results

When a streamtube reachbs sonic line, modifications amreade to the shear

gradient. The new similarity codinate for sonic streamtubescalculated as follows:
dn
n =N +——Ay (5.9
dy

where! yis the amount the streamtube is bumped up or down. Recalculating the

shear gradient fathe sonic streamtubes resufighe shear gradient for all therso

and supersonic streamtubrapidly decreasing in magnde to nearly zero. This

resultsin the boundary layer becoming constant after 2.0 meters or slightly
decreasingSetting the shear gradient constant for a sonic streamtube led to the shear
gradient for the supersonic streamtubes remaining significant. Setting the shear
gradient constant makes physical sense because the shear gradient should be roughly

the same foadjacent streamtubes néax1 even though they are at different heights.
Figures5.37 and 5.38how that once the streamtubes reach the sonic line they

have roughly the same shear gradient. The instantaneous jumps in the shear gradient

for the subsonic streamtubes near the wall comes from calculating the shear gradient
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based on curviitting the shear gradient to cancel t4§,2! " near the wall. The

jumpsoccur atocations where the shock wave is calculate! thughere is an

adverse pressure gradient behind the shock.

After the first streamtube lsithe sonic line, the profile starte degrade.

Figures5.39 and 5.4@how the boundary layer profile with thaaty ratio f'

versus the height of each streamtube for the first 1.5 meters and for the whole inlet in

Figures5.41 The similarity coordinate versuls' for each inlet is shown in Figures

5.42 and 5.43The profile retains its shape until between 0.4 aBdveters when the
n =4 streamtube hits the sonic line. The sonic streamtubes may need to be bumped

up or down more than they currently are to maintain the profile. The objective is not

, o . T
to model a profile pese, the objective is to determine a shear grac%ento
y

calculate the change in a®ghe growth of the boundary layBiof the profile.

However, if the shear gradient is determined based on propagating the profile and the
profile is degrading, the shear gradient will likely not be correct. Settinghdae s

gradient constant for the sonic streamtubes gets around this problem, but
improvements to the model can be made such that this fix is not necessary. For the

top streamtube witli'= 0.99, at the exit of the inlef ' had decreased to 0.92 for the

power lav inlet and 0.96 for the anglefined inlet.
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5.6 Shock wave/Boundary layer interactions

While the viscous method developed does not capture the effect of
shock/boundary layer interactions or separation physics, Korkegi presents an analytic
method to avoid shock/boundary layeteractions in the inviscid design method
presented]. Shockinduced boundary layer losses can cause significant losses and
large separation regions that could cause inlet unstart. Large areas of separated flow
also invalidate the use of the boundaydr model. Prior to propagating the inviscid
flow, insipient separation criteria developed by Korkegi should be used to determine
the maximum shock strength in the inlet. Showkuced boundary layer interactions

are typically classified in two differecategories:
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1) Incipient separation due to a twdimensional shoclwaveintersecting a
boundary layeBsuch as those that occur atuarswept compression
ramp or when a planar wave reflects off a surface.

2) Swept interactions intersecting a turbulbatndary layer.

As discussed by Smaftneither of these two cases applies for a rectangpar

circular or elliptical inlet. These inlets involve curved shocks reflecting off of smooth
curved surfaces. The shock wave also reflects at the cowl, sweegs e bottom

and side of the inlet where the boundary layer is much less significant than the
ingested boundary layer along the top, and strikes the shoulder. For mixed

interactions such as this, Korkegi presents an insipient separation criteria:

=1+0.3M, M, 45 (63a)

~ |

~ |1

=0.17M,, M! 45 (63b)

where M, is the Mach number normal to the shock. Incipient separation occurs when
. P : . : :

the pressure ratio reach%S! 1.5. In the two inlets designed, this pressure ratio

remains under 1.5 after the cowl. However, in the power law inlet this pressure ratio
varies between 1.50 and 1.66 and in the adgfaed inlet, it varies between 1.49

and 1.77 from the inlet entrance to the cowl. This suggests that both inlets designed
could have additional losses caused by incipient separation from shock/boundary
layer interaction at the beginning of the inlet. A possible fix is to extend the length of

the beginning of the inlet so the shock is not as strong.
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Chapter 6 Conclusions anummary

A method was presented to correct or create flowuroformities and
incorporate multiple oblique shocks into compound compressible flow th@obig.
methodcan correct flow nomniformities by starting with a known downstream flow
profile and popagating the solution forward by solving for the necessary oblique
shocks and inflow to produce downstream uniform flow with a given area change.
Similarly, the method developed also adds upon previous work by providing a
method for correctly incorporaity multiple oblique shock waves into compound
compressible flow theory by starting with a known downstream flow and solving for
the freestream conditions. A pressure gradient behind the shock wave can be chosen
to design a shock wave under the assumptbresmpound compressible flow theory

and the conservation equations.

The feasibility of this method was demonstrated by evaluating the inviscid
and viscous performance of an inlet with a rectangular capture area and a circular
combustorAn efficient inket is a crucial part of scramjet operation, and a three
dimensional inlet with a rectangular capture area and circular or elliptical combustor
has the potential for high performandéese inlets performed similarly under
inviscid flow assumptions to otherlets with a transition from a rectangular capture
area to a circular or elliptical combustor and better than rectangular Uhelst
inviscid flow assumptions, both inlets had a total pressure recovery of 0.93, kinetic

energy efficiency of 0.997, aratliabatic compression efficiency of 0.98is
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method can produce an inflow for a thigienensional inlet with acceptable

performance characteristics.

In addition, uniform flow or a specific flow profile entering a scramjet
combustor is often desired. An incoming aamform flow profile was created for
two arbitrary inlets with uniform flow at the thro&tlet placement is no longer
confined to ensurig uniform flow into the inlet. In addition, neumiformities can be
created by altering the transition duct by matching the locatistredmtubg at the

throat with where in the inlet thatreamtuberosses the shockwave.

Although this method was showwith a rectangular capture area and a
circular combustor, it could be used for a variety of Huieeensional inlet shapes or
hypersonic duct flow problems with multiple shock waves. Future work could focus
on analyzing the performance of and flow infeiént types of thredimensional inlet
shapes. This method developed based on compound compressible flow theory
provides an analytical way of developing these types of inlets using an aerodynamic
based and streamline tracing method rather than a geowmetnathematical based
method. As a flow profile designed with the inviscid method presented is streamline

traced, it potentially could result in better viscous performance for these inlets.

One of the main contributions of this research is the developmersiropée

andrapid inlet design toolAs the equations are algebraic, it is not computatipnal

extensive and can be run relatively quickly for rapid initial design analysis with a
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variety of software including a simple spreadsheet application. Design iterations can
be done relatively quicklyA viscous boundary layer correction and initial viscous
analysis can also be quickly produced to shrink the design space without resorting to

a full-blown NavierStokes computational solution.

A method was developed for incorporating a boundary layer correction to an
inlet and for handling singularities in boundary layersstoeamtubg near the sonic
line. The boundary layer correction calculatamprised about 3% and 6% of the exit
plane in the power law and anglefined inlet, respectively. These results are similar
to other theoretical calculations for boundary layer growthwever, this model with
the number of streamtubes used is highlyethelent on the starting conditions for the
streamtube profile and method for calculating the shear gradient. Using more than
eight streamtubes in a vertical profile and increasing the numeric precision of the
model should remove the dependency on thersggorofile and the effect of

inaccuracies in the shear gradient and produce a more representative boundary layer.

However, there are some limitations and potential pitfalls with this
methodology. It is only accurate for inlets or area changes wittivedjasmall
wedge angle®between four and eight degrégand with moderate surface
curvature such that centrifugal effects can be neglected; however, an efficient inlet
will not have large wedge angles or significant centrifugal effects. In additiom)l
area change profiles will produce physical solutions. Using too small a streamtube

resolution in the vertical directiddas attempted with 7 instead of 15 for the first
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inlet Bnot only can reduce accuracy and produce different answers, busahrirre
unphysical solutions as a consequence of the pressure being too small behind a shock
that does not occur when more streamtubes are used. Lengthening the surface could
also mitigate some of the issu2o0 high pressure gradients near the cowl and

capture plane or unphysical shock solutibrbkat resulted from having too high

wedge angles. This method also will not account for the effects of shock/boundary

layer interaction nor predict and model separation physics.
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Chapter 7 Future Work

This research presents several opportunities for future study. For example,
future work could focus on analyzing the performance of and flow in different types
of threedimensional inlet shapes. This method can be used for a variety of
hypersamic flow applications with multiple oblique shock wa¥sot just three
dimensional inlets. It would be worthwhile to find other specific applications for
which the method presented can be adopted and develop modifications for use in
those applications.everal more transition duct profiles could be modeled to find

design guidelines for thredimensional shapehanging inlets.

Future work might include examining creating different profiles at the tBroat
either a pressure or Mach number profile as the methodology discussed can correct
flow nonruniformities to create a desired profile. For example,-pleited non
uniformities n pressure, Mach number, or temperature could improve engine
performance. A frestream flow could be designed to create a pressure profile at the

throat.

In addition, it would be useful to compare inlets designed with this method at
off-design conditionhowever, aompound compressibfeow method is ill suited to

analyze offdesign effects, resulting mostly from viscous shock losses and separation.
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